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FUTURE DEVELOPMENT PLAN OF SAMPLE RETURN CAPSULE EVOLVED ON THE BASIS OF
HAYABUSA SRC HERITAGE . Kazuhiko Yamada!, ! Japan Aerospace Explartion Agency (3-1-1 Yoshinodai
Chuo-ku Sagamihara Kanagawa Japan, yamada.kazuhiko@jaxa.jp)

Introduction: A significance and its value of sam-
ple return missions to astral bodies in the deep space is
recognaized by HAYABUSA'’s successful sample re-
turn to asteroid ITOKAWA. The sample return mission
became one of the keys in the planetry exploration. In
Japan, several sample return missions have been dis-
cussed and proposed, including Mars Moon sample
return mission and Jupitar Trojan sample return mis-
sion using the solar power sail.

The sample return capsle is one of the important
and indispensable key technologies to support the fu-
ture sample return missions. The evoluation of the
sample return capsule is necessary in order to return a
larger amount of samples from deeper space. JAXA
and Janapnese resserchars and engineers continues the
research and development of the sample return capsule

evolved on the basis of HAYABUSA-SRC heritage[1].

Figure 1: Hayabusa’s reentry and Hayabusa 2 sample
retrun capsule.

Its reserach and development aims to not only the
Jananese driven missions but international collabora-
tion missions. In this presentation, the future develop-
ment plan of the sample return capsule for the future
several sample return missions. Current candidate mis-
sions to apply its sample return capsules evolved on the
basis of Hayabusa’s SRC heritage are three projects as
follwing.

1) Martian Moons Exploration (MMX) : Sample re-
turn mission to Martian moons including pho-
bos[2].

2) Comet Astrobiology Exploration Smaple Retrun
(CAESAR) mission : One of the finalist missions
in 4" NASA New Frontiers Program, that is the
sample return mission to comet 67P/Churyumov—
Gerasimenko[3].

3) Outsized Kitecraft for Exploration and Astro-
Nautics in the Outer Solar system (OKEANOS)
mission : The sample return mission to Jupiter
Trojan asteroid using the solar power sail[4].

and OKEANOS.

MMX-SRC:

The sample return capsule for MMX is being devel-
oped with the same design concept of HAYABUSA
SRC. However it needs scale-up up to 60cm diameter
and 50kg. To meet its mission requirement, the per-
formace of some components including, parachute de-
ployment mechanism, heat shield and parachute is en-
hanceced.

CAESAR-SRC:

The sample return capsule for CAESAR requires to
install a large payload system and to keep the payload
in low temperature. Therefore, its sample return cap-
sule have to be evolved from Hayabusa SRC. The aer-
odynamic shape and heat shield material is same as
Hayabusa SRC and the front heat shield can be jet-
tisiond in descent phase, which is the same concept of
Hayabusa SRC. However, the two stage parachute is
adopted and the integration of inside devices including
payload system is modified to meet the mission re-
quirements to CAESAR SRC.

OKEANOS-SRC:

The sample return capsule for OKEANOS has to
reenter to the Earth’s atmosphere with a reentry speed
of 14.5km/s because of the direct entry from inter-
planetary orbit from Jupier. The OKEANOS SRC has



to endure the serverer aerodynamic heating environ-
ment than Hayabusa SRC. However, the mass allocaton
for SRC is very restricted. We are progressing the con-
ceptual design of OKEANOS-SRC, considering with
the optimization of the aerodynamic shape and the ma-
terial of the heat shield.

SUMMARY :

Recentry, the sample return capsules for the future
sample retrun missons, including MMX, CAESAR and
OKEANOS have been developed using Hayabusa’s
SRC herirage. These variation of the sample return
capsule will contribute to the various future planetary
explration mission.
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Introduction: Part of any notional Mars Sample
Return (MSR) Mission [1] is the need to return the col-
lected samples from the Martian surface safely back to
the Earth. This function has been studied for a large
number of potential mission architectures, with most
MSR architectures approaching the return as a rendez-
vous and capture of the Orbiting Sample (OS) in low
Mars orbit, followed by some type of encapsulation
and/or sterilization (containment) of the OS for plane-
tary protection purposes, then a Mars-to-Earth transit
followed by a direct atmospheric entry in an Earth Entry
Vehicle (EEV) to a landing on the Earth’s surface.

This presentation describes the beginnings of a col-
laborative multi-year effort between the Jet Propulsion
Laboratory, NASA Ames Research Center, and NASA
Langley Research Center to evaluate many, down select
to two, and mature one baseline Earth Entry Vehicle
concept for a potential 2026 launch of an MSR orbiter.

Abstract:

An early EEV concept was developed by Mitchel-
tree et al. [2] for the original MSR project in the late
1990s. That project was however canceled, and since
then a number of architectural assumptions and design
requirements have changed. Due to the significant
changes, a new examination of the EEV design and
trade space is warranted. The key changes influencing
EEV design are 1) an increase in the size and baseline
quantity of sample tubes, 2) a maturing orbiting sample
container design, 3) a new on-orbit ‘break-the-chain’
containment approach, and 4) a higher than previously
anticipated entry velocity needed for new potential re-
turn trajectories.

Challenging ‘Earth return’ planetary protection re-
quirements led the original EEV concept to be simple
and robust, with exceptional reliability. Now with the
same design goals, this effort leverages the original
MSR-EEV work by assuming EEV concepts have the
following common features: minimally complex mech-
anisms, a passively stable aerodynamic shape for all
flight regimes, a fail-safe or redundant TPS, redundant
impact-tolerant containers encapsulating the OS, impact
absorbing structure around the contained OS, and a re-
quired landing ellipse fully within a fenced area of the
landing zone, notionally the Utah Testing and Training
Range (UTTR).

For the preliminary concept development and eval-
uations, the EEV effort is broken into four sub-ele-
ments: TPS, Aerodynamics & Aeroshell, Containment
Assurance, and Assembly and Ejection as shown in Fig.
1. Each sub-element team is evaluating a set of design

options within a set of constraints. For TPS, four mate-
rials: Phenolic Impregnated Carbon Ablator (PICA),
Fully Dense Carbon Phenolic (FDCP), Heat Shield for
Extreme Entry Environment Technology (HEEET), and
Carbon-Carbon (C/C) are being investigated. For aero-
dynamics & aeroshell, different cone angles (45° and
60°), blunt to sharp sphere-tip radii (45 cm — 2 cm), and
several structural materials (Titanium, Aluminum, C/C,
Carbon-fiber reinforced composite, and structural-
HEEET) are considered. For the containment assurance
element, different concepts are evaluated for stress, G-
loads, and impact protection especially during off-nom-
inal impacts. Some concepts use hard-shell designs and
others using soft-shell designs. For the assembly and
ejection element, each concept is evaluated to show fea-
sible in-space robotic assembly of the EEV, snug fit, and
reliable precision spin-ejection from the spacecraft.

The current status of each EEV design trade will be
presented. Additionally, an overview of the most-cur-
rent reference orbiter mission architecture is also a topic
of this presentation.
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Figure 1: Four element EEV concept generation approach.
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Hot-Structure Earth Entry Vehicle Concept for Robotic Mars Sample Return. M. A. Lobbia!, S. V. Perino', and
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Introduction: Robotic Mars Sample Return (MSR)
has been of high importance to the planetary science
community for over a decade. The most recent Planetary
Science Decadal Survey [1] indicated a sample-caching
rover should be the top priority large-class mission. The
currently in-development Mars 2020 mission will fulfil
this objective by incorporating sampling/handling
mechanisms in its payload.

NASA'’s most recent MSR study architecture splits
the potential architecture into several distinct elements
[2]: 1) a “MSR Lander” that would land a fetch rover to
collect previously-cached samples and a Mars Ascent
Vehicle (MAV) to launch them into orbit, and 2) a
“MSR Orbiter” which would capture the Orbiting Sam-
ple (OS) container launched into Mars orbit by the
MAYV, and return it to Earth’s surface using an Earth
Entry Vehicle (EEV).

The present work focuses on presenting details of a
new hot-structure concept for the EEV utilizing a Car-
bon-Carbon (C-C) aeroshell. This will include discus-
sion of the design approach, as well as trajectory and
aerothermal/ablation analyses highlighting the entry
system performance. Potential benefits (as well as chal-
lenges) of this concept in meeting the EEV mission re-
quirements will be discussed.

Earth Entry Vehicle Concept: As part of the many
MSR studies that have occurred over the last 20+ years,
EEV concepts have been developed utilizing a variety
of approaches. In general, the high-reliability require-
ments associated with planetary protection of Earth
from Martian samples drives the EEV design approach.
Based on this, these past designs implemented a passive
ballistic entry vehicle design that would notionally have
a relatively hard impact at the Utah Test and Training
Range (UTTR). UTTR was chosen as the notional land-
ing site for this study as the soft soil there has been

CAM Secondary TPS
(Carbon-Phenolic)

Heat Isolating Joint

Structural Ribs

Primary TPS
C/C Hot Structure

Carbon-Foam Insulator

Contained Orbiting

Orbiting Sample (OS)

Containment Assurance
Module (CAM)

shown solely sufficient for attenuating impact loads to
levels that protect sample integrity. Additionally, an in-
tegrated system of impact energy absorbers and redun-
dant impact-rated containers were incorporated in the
vehicle design which would prevent inadvertent sample
release, even for off-nominal impact landings.

Hot-Structure Design Approach: Past EEV de-
signs have followed a heritage “cold-structure” aero-
shell design approach, where a Thermal Protection Sys-
tem (TPS) material is bonded to a composite or metallic
substructure — the TPS is then sized to maintain a
bondline temperature requirement (typically on the or-
der of 500 K) due to adhesive and substructure temper-
ature limitations.

Based on the high-reliability requirements envi-
sioned for the EEV, JPL has led development of a new
“hot-structure” design approach utilizing C-C compo-
sites. C-C has a material density and strength similar to
Aluminum, but with the benefit of constant/increasing
strength as temperatures approach several thousand de-
grees. While C-C is not routinely used in NASA plane-
tary entry missions (aside from Genesis), C-C is a ma-
ture and well-characterized material due to investments
by the U.S. Department of Defense.

This hot-structure design approach is illustrated in
Fig. 1, which shows the aeroshell, Containment Assur-
ance Module (CAM), and Contained-OS (C-OS) ele-
ments. The aeroshell structure consists of a 3D C-C
nosetip, an 8 mm thick frustum made of 2D C-C, and a
series of C-C structural support ribs and load ring. Due
to the high-temperature capability of C-C, no additional
TPS is required. However, the CAM is designed with a
more typical ablator TPS (in this case, Carbon-Phe-
nolic) to provide redundant aerothermal environment
protection for the C-OS.

Sample (C-OS)

Impact Energy
Absorber System

Fig. 1 Earth Entry Vehicle concept utilizes Carbon-Carbon as a hot load bearing structure.
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Fig. 2 Entry and descent trajectory for Earth Entry
Vehicle concept.

An important part of the overall design is the inter-
face between the “hot” C-C aeroshell and “cold” CAM.
The current design assumes the use of Zirconia spacers
(for thermal isolation) and 3D C-C bolts to connect the
CAM to the aeroshell, as well as a carbon-foam insula-
tor behind the nose section of the aeroshell. Alternative
CAM interface approaches are also currently being in-
vestigated to better optimize the overall design.

Reference Design Results: The concept shown in
Fig. 1 was assessed for a nominal 13 km/s entry and 100
kg entry mass at Earth / notionally UTTR in 2029. The
results of the entry trajectory analysis (run using JPL’s
DSENDS code) are shown in Fig. 2 — in this case, the
entry flight path angle was designed to be -15 deg.,
which limits peak deceleration to approximately 100 g’s
during entry (see Fig. 3). NASA’s CBAERO code was
used to generate aerothermal environments, and indi-
cated a peak heat flux (including 50% margin and the
assumption of fully turbulent flow) of approximately 2
kW/cm? (convective) and 1.3 kW/cm? (radiative) at the
stagnation point (see Fig. 3). A 1D thermal-ablation
analysis using NASA’s FIAT code indicated a total re-
cession (due to C-C oxidation) of 3.2 mm at the nose
and 1.2 mm at the flank (see Fig. 4). This analysis also
shows peak temperatures of near 4000 K are reached
during entry — due to the high thermal conductivity of
C-C, it can be seen that the temperature at the inner mold
line (IML) only briefly lags the outer mold line (OML),
which is different than a typical ablator TPS design.

Conclusions: A new hot-structure design for a
robotic MSR EEV concept demonstrates the potential
for increased reliability and low mass in meeting MSR
planetary protection requirements. Further design de-
tails and analysis updates will be presented at the work-
shop in June.
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Vehicle concept.
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POST FLIGHT ANALYSIS OF THE COMARS+ DATA AND BACKCOVER HEATING
OF THE EXOMARS SCHIAPARELLI LANDER

A. Giilhan, T. Thiele, F. Siebe, T. Schleutker, R. Kronen
Supersonic and Hypersonic Technology Department of the Institute of Aerodynamics and Flow Technology,
German Aerospace Research Center (DLR), Linder Hoehe, D-51147 Cologne, Germany

In order to measure aerothermal parameters on the
back cover of the ExoMars Schiaparelli lander the in-
strumentation package COMARS+ was developed.
Consisting of three combined aerothermal sensors, one
broadband radiometer sensor and an electronic box the
payload provides important data for future missions.
The aerothermal sensors called COMARS combine
four discrete sensors measuring static pressure, total
heat flux, temperature and radiative heat flux at two
specific spectral bands. The narrow band radiometers
were provided by CNES. The infrared radiation in a
broadband spectral range is measured by the separate
broadband radiometer sensor.

Although the landing of Schiaparelli failed, a part
of the flight data during the entry phase were transmit-
ted to the TGO at low sampling rate of 0.1 Hz. All
COMARS+ sensors delivered useful data with respect
to total heat flux rate, radiative heat flux rate, surface
temperature and surface pressure of Schiaparelli from
the Martian entry point until parachute deployment
with the exception of the plasma black-out phase. Since
measured structure and sensor housing temperatures
were below predicted pre-flight values, a further cali-
bration using the COMARS+ spare sensors at tempera-
tures down to 243 K was conducted. A post flight anal-
ysis has been performed by critical assessment of
measured flight data of COMARS+ sensors and CFD
computations. Table 1 shows the ten trajectory points
with available flight data of the COMARS+ package.

Table 1: Trajectory points with COMARS+ data.

Flight Time | Altitude Above | Aerodynamic | Dynamic
from EIP Ground Speed Pressure
[s] [km] [m/s] [Pa]
S1 35,553 82,467 5829,38| 86,53
BL
S2 115,553 28,202 2595,41 5193,40
S3 125,551 25,477 2013,84] 4013,02]
sS4 135,552 23,064, 1570,58 3009,56
S5 145,551 20,862, 1236,92 2265,92
S6 155,551 18,887 1001,92 1745,64
s7 165,553 16,959 823,09 1381,21
S8 175,551 15,099 685,40 1115,89
S9 185,552 13,227 584,38 938,40
$10 195,551 11,379 503,09 804,24

The first point before the the black out (S1) is at
very high altitude does not cause any remarkable aero-
thermal heating on the base of the vehicle.At the trajec-
tory point S2 at an altitude of 28.2 km and velocity of
2595 m/s the maxiumum heat flux rate on the back
cover has been measured. The aerothermal loads at the
trajectory points S3 and S4 are a bit lower but sill high
enough for a credible post flight assesment. At trajecto-
ry points S5 to S10 aerothermal loads are negligible
small, although the surface pressure is high enough to
dominate the aerodynamic stability of the vehicle.
Therefore a CFD simulation study using the DLR code
TAU has been carried out only for the three trajectory
points after the communication black out.

In particular the trajectory point S2 provides valua-
ble information about the role of chemical non-
equlibrium in aerothermal loads (Figure 1). Computed
gas temperature profiles shows remarkable difference
in the gas temperarure for chemical non-equlibrium
and equilibrium assumptions. It leads to one order of
difference in the CO centration and schock stand-off
distance. At this trajectory point the ratio of the meas-
ured maximum back cover heat flux rate with
COMARS+ and computed stagnation heat flux rate for
a fully catalytic wall is approx. 0.09. At other trajectory
ponts the role of the gas chemistry is weak.

A

Temperature

2900
0.08
P 20 P
2700 o
20 005
B 2500 N oo
2400 003
300 0.02
l 24 001
2100 o
co
0.007
W oo
0.005
0.004
0.003
0.002
. 0.001
0

Figure 2: Computed gas temperatures and CO contentration
in the schock layer at trajectory points S2 for non-eqilibrium
flw (upper figures) and equilibrium flow (bottom figures).
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Introduction: This work seeks to do for a deploy-
able entry vehicle (DEV) what the Wright Brothers did
to propel modern day aviation: develop the guidance
and control (G&C) methods that will make maneuver-
ing and precision landing of DEV a reality. The success-
ful development of a DEV system promises the ability
to land high mass payloads on Mars due to the DEV’s
increased drag area and volume savings over rigid aer-
oshells. However, the challenge facing the aerospace
community is understanding which type of advanced
G&C systems will actually enable DEVs to meet preci-
sion landing performance requirements. The Pterodac-
tyl project objective is to deliver an integrated G&C
methodology for a DEV, based on a detailed analysis
that utilizes a Multi-disciplinary, Design, Analysis and
Optimization framework.

The current state-of-the-art for entry G&C is rooted
in the precision EDL of rigid entry vehicles such as
Mars Science Laboratory, Apollo and the Space Shuttle,
which used Reaction Control Systems (RCS), a propul-
sive control system, to achieve the desired bank com-
mand profile [1]. However, landing large payloads on
Mars using DEVs will require advancements of G&C
methods in part because current DEV configurations are
radically different from their predecessor; DEVs have
no backshell. Recent research has taken a particular in-
terest in non-propulsive control for DEVs, including di-
rect force control [2]-[4] (angle of attack modulation
via control surfaces or CG movement) and drag modu-
lation [5], [6] (discrete change in ballistic coefficient).
In these studies, the control rate and acceleration re-
quirements are typically assumed to be similar to that of
an RCS. However, it is unknown whether alternative
G&C systems can actually meet these requirements and
can be feasibly integrated into the DEV configuration.
Building ground or flight test prototypes for each pro-
posed G&C methodology can be cost prohibitive. Thus,
system architecture simulations are needed to advance
hardware prototyping efforts for technologies with the
highest likelihood of success. Past architecture studies
have yet to integrate a high-fidelity control system mod-
els into a Multi-Disciplinary, Design, Analysis, and Op-
timization (MDAO) framework, thus not providing ca-
pabilities for trade studies on optimal, integrated DEV
G&C solutions. Without these types of trade studies,
progress on precision landing of DEVs will stall. Pter-
odactyl’s objectives are to deliver 1) an integrated G&C

methodology for a DEV and 2) an analysis-directed pro-
totype of a functional DEV G&C.

Technical Approach: The Pterodactyl technical
approach leverages past work on DEV architectures
and G&C methods through collaborations with multi-
ple experts across NASA, University of California at
Davis, and Applied Physics Laboratory. Specifically,
Pterodactyl will leverage work completed to de-
sign the Lifting Nano ADEPT (LNA) configura-
tion [7]. This was selected to provide a solid base-
line for the vehicle design such that the full vehi-
cle subsystem configuration did not have to be de-
veloped from scratch. Specifically, all known sub-
systems have been packaged within the available
LNA volume, system components have been ana-
lyzed to meet load requirements, and the stowed
LNA has been designed to meet launch vehicle
(Atlas V or Falcon 9) mass and volume require-
ments (Figure 1).

Figure 1: LNA Configuration

Additionally, initial RCS sizing was completed
based on a trajectory analysis that maximized
cross range capability and this RCS subsystem
was included as part of the integrated LNA con-
figuration. The LNA configuration is an asym-
metrical vehicle with an L/D of 0.26, a 1+ meter
diameter and known subsystem masses (including
landed payload RCS mass).

In order to perform the architecture study for this
integrated system Pterodactyl will develop a
MDAO tool call COBRA-Pterodactyl (COBRA-
Pt). This framework will leverage components of
the original COBRA to develop an optimal DEV
G&C design. COBRA is a modular software tool
designed to complete systems-level analyses for
entry vehicles (Figure 2a) and has been used ex-
tensively for previous entry system studies and



architecture development efforts at NASA [8].
The COBRA-Pt framework leverage existing
COBRA tools:
e Model Center Software to integrate simu-
lations
e CBAERO combined with Rapid Geome-
try Creation for aecrodynamics and heat-
ing
e  Multi-Objective Genetic Algorithm
(JEGA via DAKOTA) to perform the full
trade optimization
The novel modification to the COBRA frame-
work requires the development and integration of
three critical models:
¢ Guidance with Monte Carlo
e Parametric Control Models
e Vehicle Geometry
Once developed, this capability can also enable
optimization of future entry vehicle G&C con-
cepts.

JHU Applied Physics Laboratory’s (APL) trajec-
tory analysis capability will be applied to deter-
mine the optimal direct entry trajectory and initial
conditions for an unguided LNA with a fixed L/D
and a guided LNA targeting the beginning of the
descent phase. These reference trajectories will be
used to modify and implement appropriate bank
and alpha modulation guidance algorithms. These
guidance algorithms will be developed at NASA
JSC.

The control model architectures to be developed
and implemented into the COBRA model are: 1)
RCS, 2) trim tabs, and 3) shape morphing. The
RCS model is selected as a state-of-the-art tech-
nology baseline from which to measure perfor-
mance of alternative control systems models. The
trim tab control methodology was selected be-
cause the current direction for exploration class
missions is to develop trim tab technologies [4].
Finally, shape morphing was selected as a means
to possibly dual purpose the ADEPT deployable
structure as a control system, which could reduce
mass required for additional subsystems. The out-
put from these parameterized control models are
the control rates/accelerations and other limits
that will be used by the guidance model to deter-
mine a feasible commanded control profile to
reach the target.

The vehicle geometry is the next element for de-
velopment and is the primary input to the Config-
uration-Based Aerodynamics (CBAERO) model.
CBAERO outputs relevant aerodynamic/aeroheat-
ing databases as a function of the flight condi-
tions, Mach number, dynamic pressure, and angle
of attack. These databases are another input to the
guidance algorithm and used in the determination
of the commanded control profile. Each of these
control methodologies will require a modification
to the fixed geometry in order to generate accu-
rate aerodynamic/aeroheating effects.

The COBRA-Pt model is illustrated in Figure 2:
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Figure 2: COBRA-Pt Framework

Upon completion of the COBRA-Pt development,
a full trade study of the three architectures will be
completed to determine the optimal LNA G&C
system based on which system minimizes the tar-
get ellipse and maximizes landed payload.

This optimal LNA G&C design will enable the
build-up of a functional prototype. The prototype
will include the integration of guidance software
with control actuators and will be tested by sending
the vehicle simulated inputs of navigation, atmos-
phere, aerodynamics, etc. The completion of the
test will require building a test stand that can han-
dle the loading and movements of the prototype.
The testing of this prototype should lead to the dis-
covery and solution of software/hardware integra-
tion issues for this system and validation of the
COBRA-Pt G&C models.
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Introduction:

Aerobraking is an effective maneuver that is able to
decrease the propellant mass necessary to insert a
spacecraft in a target orbit through many continuous
passages into the atmosphere of a planet. The reduction
in the propellant mass can lead to an increase in the
mass allocation for the science payload or to a reduc-
tion in the launch cost of the mission. The spacecraft,
entering in the atmosphere, experiences the effect of
the atmospheric drag which slows down the vehicle,
decreasing its apoapsis radius. Before each atmospher-
ic pass, an aerobraking corridor has to be adequately
defined according to the characteristic of the experi-
enced orbit and the limit condition for the passage.
According to the velocity of the spacecraft, which de-
pends on the characteristics of the orbit, the limiting
factor could be respectively or the dynamic pressure,
or the total or the integrated heat flux. These three fac-
tors are strictly related to the atmospheric model of the
planet and can independently lead the mission to fail.

Currently, three missions have successfully per-
formed a Mars aerobraking maneuver: Mars Global
Surveyor (1996), Mars Odyssey (2001), Mars Recon-
naissance Orbiter (2005). Mars Odyssey has been the
mission with lowest thermal margins and, consequent-
ly, has been exposed to the most aggressive conditions.
During these three missions, data were sent back to the
Earth where specific teams were estimating the atmos-
pheric profile for the next orbit. On the base of that,
they were deciding if effectuate a trim maneuver for
arising or lowering the periapsis altitude of the succes-
sive passage. This methodology, although, has led to
three successful missions, results expensive, for its
ground station cost, and conservative, since it requires
more than 4 hours before the spacecraft can enter again
in the atmosphere because of the uplink and downlink
time. This time constraint results in an impossibility to
perform an aerobraking maneuver for quasi-circular
orbit. An autonomous system could overcome this lim-
it.

Moreover, the data received from the historical
missions have provided precious information about the
atmosphere on Mars and its strong local variation. The
data have shown possible asymmetry in the passage
where the periapsis was not located in the middle
point, massive increase in the density in a short amount
of time or substantial deviation in the density values
and shapes for two following passages, as shown in
Figure 1.
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Figure 1. Four Odyssey orbits[1].

Previous works have already studied the implemen-
tation of an autonomous system with conventional
techniques. The work developed in this paper wants to
define an autonomous system taking advantage of the
mighty methodologies of machine learning. The sys-
tem has been implemented to be usable in real-time on
the onboard computer and to be capable of estimating
the atmospherical density and the current state of the
spacecraft; of predicting the next passage trajectory,
atmospheric densities and state of the spacecraft; and
of autonomously deciding to perform a trim maneuvers
to arise or decrease the periapsis. Preliminary results
are shown.

Currently, machine learning techniques have been
already employed in space to increase the accuracy of
orbit prediction of debris, to study the landing problem
and to design a low-thrust trajectory, to name some of
them, and have shown impressive results.
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The objective of the Heatshield for Ex-
treme Entry Environment Technology
(HEEET) projects is to mature a 3-D Woven
Thermal Protection System (TPS) to Tech-
nical Readiness Level (TRL) 6 to support fu-
ture NASA missions to destinations such as
Venus and Saturn. Destinations that have ex-
treme entry environments with heat fluxes
upto 5000 W/cm? and pressures upto 5 at-
mospheres, entry environments that NASA
has not flown since Pioneer-Venus and Gali-
leo.

The scope of the project is broad and can
be split into roughly four areas, Manufactur-
ing/Integration, Structural Testing and Analy-
sis, Thermal Testing and Analysis and Doc-
umentation. Manufactruing/Integration co-
vers from raw materials, piece part fabrica-
tion to final integration on a 1 meter base di-
ameter 45 degree sphere cone Engineering
Test Unit (ETU). A key aspect of the project
was to transfer as much of the manufacturing
technology to industry in preparation to sup-
port future mission infusion. The forming,
infusion and machining approaches were
transferred to Fiber Materials Inc. and FMI
then fabricated the piece parts from which the
ETU was manufactured.

The base 3D-woven material consistes of
a dual layer weave with a high density outer
layer to manage recession in the system and a
lower density, lower thermal conductivity
inner layer to manage the heat load.

At the start of the project it was under-
stood that due to weaving limitations the heat
shield was going to be manufactured from a
series of tiles. And it was recognized that the

development of a seam solution that met the
structural and thermal requirements of the
system was going to be the most challenging
aspect of the project. It was also recognized
that the seam design would drive the final
integration approach and therefore the inte-
gration of the ETU was kept in-house within
NASA. A final seam concept has been suc-
cessfully developed and implemented on the
ETU and will be discussed.

The structural testing and analysis covers
from characterization of the different layers
of the infused material as functions of weave
direction and temperature, to sub-component
level testing such as 4pt bend testing at sub-
ambient and elevated temperature. ETU test
results are used to validate the structural
models developed using the element and sub-
component level tests. Given the seam has to
perform both structurally and aerothermally
during entry a novel 4pt bend test fixture was
developed allowing articles to be tested while
the front surface is heated with a laser. These
tests are intended to establish the system’s
structural capability during entry.

A broad range of aerothermal tests (arcjet
tests) are being performed to develop material
response models for predicting the required
TPS thickness to meet a missions needs and
to evaluate failure modes. These tests estab-
lish the capability of the system and assure
robustness of the system during entry.

The final aspect of the project is to devel-
op a comprehensive Design and Data Book
such that a future mission will have the in-
formation necessary to adopt the technology.



This presentation will provide an over-
view and status of the project and describe
the status of the tehnology maturation level
for the inner and outer planet as well as earth
entry sample return missions.



HIGHLY RELIABLE 3-DIMENIONAL WOVEN THERMAL PROTECTION SYSTEM FOR MARS
SAMPLE RETURN., E. Venkatapathy', K. Peterson?, D. Ellerby?, P. Gage?®, E. Christiansan, J. Vander Kam?, T.

White? and M. Stackpoole®

I'MS 229-3, NASA ARC, Moffett Field, CA; ethiraj.venkatapathy-1(@nasa.gov; > NASA Ames Research Center; >

Neerim Corp.

Introduction: This paper is concerned with a
Thermal Protection System technology develop-
ment plan for a new generation of highly reliable
Thermal Protection Systems (TPS). The current
work leverages previous 3D Woven TPS (3-D
WTPS) development experience, specifically
HEEET and 3-D MAT, to attack the TPS reliability
problem on the MSR EEV. Additionally, this effort
will lay the foundation for a reliability-focused
TPS design methodology that is also applicable to
TPS for human missions.

The baseline design for MSR EEV, developed
over the last two decades, is shown in Figure 1. The
TPS consists of a Tape-Wrapped Carbon Phenolic
(TWCP) on the flank, a Chop-Molded Carbon Phe-
nolic (CMCP) nose-cap, and SLA 561-V for the
back-shell.

Impact Sphere
Carbon foam energy absorber
for off-nominal impact

Carbon Phenolic

{Chop Molded at the nose and
Tape Wrapped on the flank)

Orbiting Sample (0S)
Mars soll sample

Figure 1. Baseline EEV Concept for MSR

At the time of TPS selection, these materials ap-
peared to offer high reliability through extensive
flight heritage, but TPS reliability was never veri-
fied when design decisions were made in 2002. In
addition, Micro-Meteor and Orbital Debris
(MMOD) impact was a concern, but only in 2010,
when MMOD impact testing was performed and
excessive damage was observed [1], was the base-
line TPS found to have inadequate reliability.

The MSR mission has more stringent TPS reli-
ability requirements than any mission conceived to
date. Currently, there is no established practice or
methodology for the design of TPS to meet relia-
bility requirements. There is ongoing discussion
regarding what level of reliability is acceptable for
the MSR EEV TPS, and there are questions regard-
ing verification feasibility, especially with realistic
constraints on cost and development time. A Risk
Informed Decision Making (RIDM) framework is
used here to support discriminating between candi-
date systems based on reliability metrics.

3-D Woven Thermal Protection Systems: 3-
D Woven TPS is not a single material, but a family
of materials that can be tailored to meet various re-
quirements (Ref 2). 3-D Multifunctional Ablative
TPS (3-D MAT) flight hardware has been devel-
oped and delivered for the Orion EM1, vehicle, to
replace carbon phenolic in regions where high
compression loads are applied to the thermal pro-
tection material.

Both HEEET and 3-D MAT offer examples of
innovative TPS solutions that use 3-D weaving, are
robust, and meet mission performance require-
ments. It offers tantalizing options for the develop-
ment of a series of highly reliable TPS options for
the MSR EEV through an integrated approach that
focuses on the reduction in severity of various fail-
ure modes through the improvement in integrated
(TPS and structure) thermo-structural capability
and an improved toughness against hypervelocity
impacts from Micrometeoroids and Orbital Debris.

System Selection for Reliability and Verifia-
bility: The full paper will report on initial charac-
terization of candidate TPS architectures from a
risk perspective to identify: 1) The potential fail-
ure modes of each TPS design option, 2) the like-
lihood of those failure modes, and 3) the conse-
quences anticipated for each failure mode. A
HEEET architecture, including seams between wo-
ven panels, will be compared with the Carbon Phe-
nolic system that was baselined previously, with



particular attention on MMOD robustness, based
on recent impact testing of HEEET material (Fig-
ure 2 is the HEEET as it is undergoing OML ma-
chining).

Figure 2. 3-D Woven dual-layer heat-shield
(HEEET) undergoing outer mold line machin-

ing.

Aerothermal and thermostructural capability of
HEEET, as demonstrated in extreme environment
testing, will also be discussed with reference to
MSR design environments.
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Figure 3. Comparison of Saturn, Venus and
Sample Return Flight Environments (Stagna-
tion Point Conditions) vs Test Performed

In order to improve design, it is attractive to
eliminat features that might lead to failure and to
add features that are robust against failure modes.
Since seams between TPS panels are difficult to
verity, the full paper will include initial investiga-
tion of a single piece heatshield, particularly from
the perspective of manufacturing and integration-
option will be evaluated.

At least two candidate implementations will be
included:

1) a “hot structure” system that includes only
the dense “recession layer” from HEEET, and

2) A dual layer HEEET system with tailored
thickness, backed by a conventional composite
structure.
Ranking of failure modes and a discussion of the
relative verification challenges will be provided.

References:

[1] Christiansen, E., et al., “Micrometeoroid and
Orbital Debris Threat Assessment: Mars Sample Return
Earth Entry Vehicle,” NASA TM 20 2013-217381

[2] Venkatapathy, E., “Modern Advances in Abla-
tive TPS,” EDL Short Course at the 10th International
Planetary Probe Workshop, June 2013, San Jose, CA.



SIZING AND MARGIN METHODOLOGY FOR DUAL-LAYER THERMAL PROTECTION SYSTEMS
M. Mahzari' and F. Milos?
! NASA Ames Research Center (milad.mahzari@nasa.gov), > NASA Ames Research Center (frank.s.milos@nasa.gov)

Introduction: This presentation introduces a new
sizing and margin methodology for dual-layer Thermal
Protection Systems (TPS). The methodology has been
tailored for application to a dual-layer 3D-woven TPS
called Heatshield for Extreme Entry Environments
Technology (HEEET) [1]. Sizing is performed for a
reference Saturn probe mission to show how
uncertainties in trajectory, aerothermal modelling and
TPS response impact the sizing of each layer.

TPS Sizing: TPS sizing and margining is the
process of determining the required material thickness
to meet a certain design criterion for mission-defined
boundary conditions, while accounting for variabilities
and uncertainties in boundary conditions, material
response, and manufacturing processes. Typically, the
design criterion is a temperature constraint at the TPS-
structure bondline defined by the performance limit of
the adhesive or the structure. TPS sizing approaches for
previous entry missions have ranged from methods as
simple as applying engineering factors to a nominally-
sized thickness to more detailed techniques that account
for multiple independent sources of uncertainty. Wright
et al. employed a Root Sum Square (RSS) process for
the sizing of Mars Science Laboratory’s single-layer
heatshield [2]. The goal of this study is to expand that
sizing process for application to dual-layer heatshield
materials, specifically the HEEET system.

Dual-Layer TPS: Dual-layer materials allow for
integration of a robust top layer with good recession
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performance (typically with a relatively high density
and thermal conductivity) with a bottom layer with good
insulation performance (lower density and lower
thermal conductivity). The increased mass efficiency of
a dual-layer material enables mission designers to select
shallow entry trajectories that may have carried
unacceptably high mass penalties for traditional single
layer materials, but that are of interest due to reduced g-
loads. The HEEET project is developing a dual-layer 3D
woven heatshield for this exact purpose. The HEEET
top layer, called Recession Layer (RL), is composed of
tightly-woven carbon fibers while the bottom layer,
called Insulation Layer (IL) is made with larger blended
carbon and phenolic tows. The two layers are
interwoven and then infused with phenolic resin to
produce a rigid TPS material. Due to weaving size
limitations, a flight heatshield must be made of tiles
with gap fillers. The sizing and margining process must
account for the uncertainties in the performance of both
the acreage and gap filler materials. Dual-layer
materials are likely to be designed with a requirement
that the bottom layer is not exposed to the high-
temperature flow, which introduces an additional
constraint for thickness of the top layer.

Sizing Methodology: Figure 1 illustrates the sizing
and margin methodology developed for the HEEET
system. The process, as shown here, assumes a uniform
TPS thickness across the entire heatshield because the
current HEEET development is tailored for a uniform-
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Figure 1. Sizing and Margin Process for Dual-Layer TPS



thickness heatshield ; however, the process can be easily
modified for heatshields with varying thickness. This
three-branch process applies margins for uncertainties
associated with heating environments and material
response in an RSS process to compute the required
recession layer thickness. Analysis is done at multiple
vehicle body points and for bounding trajectories to find
the maximum RL thickness. This processes is then
repeated to calculate the IL thickness for multiple body
points and trajectories with the bounding RL thickness
computed in the previous step. Additional
considerations are included for gap filler differential
recession and manufacturing tolerances.

CFD heating environments from a reference Saturn
probe mission will be used to study how variabilities
and uncertainties in trajectory, heating environments
and material response impact the sizing of each layer.

References:

[1] Milos, E.S., et al., AIAA paper 2017-3353.

[2] M. Wright, et al. (2017) J. Spacecraft and
Rockets, 51(4), pp.1125-1138.



STUDIES IN SUPPORT OF VENUS AEROCAPTURE UTILIZING DRAG MODULATION. R.A.S. Beck!,
G.A. Allen?, M. Aftosmis', P. Wercinski!, M. Wilder' and E. Ventakapathy', NASA Ames Research Center, PO Box
1, N229, Moffett Field, CA 94035, 2AMA, Inc. at NASA Ames Research Center, PO Box 1, N229, Moffett Field,

CA 94035.

Introduction: Aerocapture has been extensively
studied and these studies (Ref. 1 — 3) have shown the
benefit for planetary exploration missions. While the
traditional approach to aerocapture with lifting config-
urations and lift-guided modulations has been assessed
to be technologically feasible, aerocapture using purely
drag modulation was proposed and studied by Prof.
Braun and his students (Ref. 4 — 7). These studies
show that if one can assess the feasibility of aerocap-
ture using drag modulation at Venus, and develop tall
pole technologies needed at Venus, then this concept is
much easier to execute at all other relevant destina-
tions.

Based on the above finding, partnered proposals
were submitted by Adam Nelessen at JPL and Ethiraj
Venaktapathy at Ames in collaboration with Prof.
Braun at the University of Colarado, Boulder (UCB).
Under this partnership, Ames Research Center (ARC)
is working to address some of the key entry technology
challenges associated with drag modulation aerocap-
ture at Venus. Drag modulation aerocapture is a sim-
ple, scalable, and likely cost-effective way to enhance
planetary science missions. The approach envisioned
is to design a small spacecraft, that would most likely
be a secondary payload, with a removable drag skirt.
The vehicle would enter the atmosphere at Venus with
a low ballistic coefficient, decelerate rapidly, drop the
skirt resulting in a smaller vehicle with a higher ballis-
tic coefficient which would skip out of the atmosphere
and enter into a desired orbit, shown in Figure 1.

Figure 1. Illustration of Drag Modulated Aerocap-
ture

ARC’s role in this collaboration is multifold. First
of which is to perform design studies on various pre-
and post-jettison geometries utilizing a 3-DOF trajecto-
ry code to determine the aerodynamics and aerother-
modynamics of the vehicles and evaluate viable ther-
mal protection material system designs. Once these

design studies are complete, Ames will then perform
higher fidelity CFD and TPS sizing to further design
the vehicles.

Second, the multi-body separation dynamics of the
drag modulation event will be explored using both
CFD simulations (CART3-D and US3D) as well as
possible ballistic range testing. ARC’s tools and exper-
tise have been used to assess and advise on the selec-
tion of the separating configuration. In addition to the
preliminary evaluation, ARC will provide tools and
expertise to UCB team members to further assess aero-
dynamic interactions between the separating bodies
and provide guidance as to the feasibility of stable
transition.

Initial Studies:

Using the NASA Ames 3-DOF simulation code
TRAI, trajectory sensitivity studies were performed to
understand the transition time in order to determine the
environment on the two body system.

Staged Aeroshell to Venus,Aerocapture R
V = 11.5 kmiSec, Beta, = 57.7 kg/m’, Beta, = 540.7 kg/m
My =100 kg, Ry = 0.75 m, M, = 50 kg, R, = 0.165 m
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Figure 2. Sensitivity of apoapsis altitude to time of
separation.

Figure 2 shows the sensitivity for a given mass and
size of of the entry body, mass and size of the separate
center-body, the time at which the skirt needs to sepa-
rate from the center body in order to achive the desired
apoapsis and also the effect of initial entry flight path
angle accuracy required. Analysis of aerocapture at
Venus with several entry velocities and flight path an-
gles, have been performed and for those trajectories,
the margined peak heating was less than 800 W/cm2
and stagnation pressures were approximately 0.2
atm. At these levels, lightweight PICA and/or confor-
mal PICA can easily perform as the TPS and the higher
performance materials such as HEEET and carbon
phenolic will not be required.



Based on these initial studies, PICA or conformal
PICA could both serve as the TPS for the center body
as well as the skirt, in case the skirt is a rigid body sys-
tem. If packaging a large skirt is a constraint one has
to deal with, evaluation of the ADEPT concept will be
part of the trade study in the future. The ADEPT con-
cept allows the skirt to be folded and deployed prior to
entry. The ADEPT concept utilizes 3-D woven carbon
fabric that is amenable to and has been tested at condi-
tions applicable for the aerocapture. The thickness of
the fabric and foldability of the fabric are some of the
issues that will be addressed as the study progresses in
the near future.

Deployable drag skirt
(ADEPT)

Figure 3. A deployable skirt concept made of 3-D
woven carbon fabric can withstand the heating and
based on ADEPT studies, the foldable construct could
be an option if launch constraints require the deploya-
ble skirt to be folded during launch.

Seperation of the skirt from the center body during
the atmospheric entry is a critical event. The skirt
could be a single contiguous element that separates
from the center body as a single piece or it could be
made of multiple petals that seprate into multiple bod-
ies. The desire is for the separation to be simple and
avoid re-contact.

The CART3-D is a computational simulation tool
that can deal with complex and multiple bodies. The
code is designed to compute aerodynamic coefficients
as part of the evolving system and use them to compute
the trajectories of the multiple bodies.

g

oy

Figure 4. Dynamic simulation using CART-3D of

a multipie petal skirt systerr;.

Figure 5. Dynamic simulation using CART-3D of a
single piece skirt system.

The preliminary studies indicated that a single skirt
system is likely to separate cleanly and could have min-
imal likelihood of recontact. The four petal skirt sys-
tem did lead to complex separation dynamics and,
without an initial kickoff force, the mulitiple petals
were likely to recontact the center body. This is be-
cause the aerodynamic of each of the petals forces it to
tumble into the wake and interact with the center body.
This preliminary study informed the team to consider
only the single piece skirt and not the multiple petal
concept.

In addition to computational simulation, the Ames
team will be pursuing ballistic range experiments to
establish the viability of the single skirt concept.

Figure 6. Preliminary Ballistic Range Model De-
sign.

Typically, a ballistic range model is a single piece and
the Ames ballistic range can obtain aerodynamics data
for both non-lifting and lifting configuration with vari-
ous gas compositions and at various densities. Using
the ballistic range to study the separation of multiple
bodies is novel and presents challenges. The Ames
team is exploring options with improved optical sys-
tems and is designing a model that will separate cleanly
during free flight. We will be performing exploration
studies in the coming months. Based on design and
free flight computational simulations, focused model
design and testing is planned for the next fiscal year.



Remarks: The novel construct of aerocapture us-
ing drag modulation proposed by Prof Braun and his
students is attractive as it is simple to execute and yet
provides the benefits recognized by many of the previ-
ous studies. By assessing its viability through explor-
ing the challenges and evaluating the technology readi-
ness at Venus, the current work performed by Ames, in
partnership with JPL and UCB hopes to enable the
technology, starting with future small spacecraft sci-
ence missions and possibly large flagship-class Ice-
giant missions.
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Introduction: The atmospheres of the planets in
our solar system are laboratories in which the
structure, chemistry, processes, climate, and climate
evolution on the Earth, other atmospheres throughout
the solar system, and of extrasolar planets are studied.
Remote observations provide global cloud-top
coverage of planetary atmospheres, but are of limited
utility for studying key properties of the deeper
atmosphere. For a complete characterization of an
atmosphere, in situ sampling from one or multiple
carefully targeted entry probes is necessary to
supplement remote sensing measurements.

Perhaps the single most important property of an
atmosphere is the composition, the abundance of noble
gases including helium (giant planets) in particular.
The heavy elements and noble gas abundances reflect
the circumstances and processes by which the planet
and atmosphere formed, and carry the signature of the
origin, formation, and chemical and dynamical
evolution of the atmosphere. With no microwave
spectral signature, noble gases are beyond the reach of
remote sensing and can therefore only be retrieved by
direct in situ atmospheric sampling. Being chemically
non-reactive, noble gases are well-mixed and
measurement of noble gas abundances can be made by
a single probe at any location below the homopause
within the atmosphere.

Although the atmospheres of the terrestrial planets
and the giant planets formed in different locations of
the protoplanetary solar nebula by different
mechanisms at different epochs, resulting in
significantly different compositions and structures, the
fundamental questions are common to all planetary
atmospheres. The atmosphere of a planet is diagnostic
of the formation of the planet itself, and the properties
of an atmosphere therefore provide unique insight into
the origin, formation, and evolution of the planet.
Comparative  planetology dictates that many
atmospheric processes, and key aspects of atmospheric
thermal and energy structure, dynamics, and
chemistries are common among all atmospheres. The
study of a single atmosphere therefore provides
significant insight into and valuable context for the
study of other atmospheres in the solar system and
beyond. Terrestrial planet atmospheres present an
additional complication due to the presence of a lower
boundary, whether a solid surface or an ocean.

Another important quantity that requires in situ
measurements is the deep static stability of the

atmosphere. Radio occultation techniques can provide
elements of the vertical structure in the upper
atmosphere. However, radio occultation is only
effective to one bar or slightly deeper, at which point
either bending of the signal raypath by atmospheric
refraction or atmospheric absorption will diminish the
signal strength and make deeper measurements
impossible. The deep static stability of the atmosphere
is governed by various mechanisms of vertical energy
transport including dry/moist convection, radiation,
and atmospheric waves, and is a result as well as an
indicator of the thermal energy balance and the
thermal evolution of the planet.

Atmospheric entry probe missions have been made
to the terrestrial planet Venus by the Pioneer
multiprobes, the VeGa landers and balloons, and the
Venera landers. The Galileo probe to Jupiter
represents the only in situ exploration of a giant planet
atmosphere. To date, no in situ measurements have
been made by entry probes at the other gas giant planet
Saturn, or the ice giants Uranus and Neptune. In
particular, the lack of a probe to an ice giant represents
the largest current gap in our understanding of solar
system atmospheres.

In spite of significant differences between the
composition, structure, and dynamics of the terrestrial
planets in the inner solar system and the giant planets
in the outer solar system, the overarching physics of
atmospheres results in essential key questions that can
be largely addressed by a common probe instrument
payload. The composition is the most important
measurement to be made of a planetary atmosphere.
Remote sensing can provide some indication of the
deep, well-mixed abundances of volatiles. However,
measurement of noble gas and certain key isotope
abundances require direct atmospheric sampling. The
key instrument on a planetary entry probe is therefore
a composition instrument to measure the well-mixed
noble gases as well as other key atmospheric
constituents including volatiles, disequilibrium
species, and isotopes. With the exception of the noble
gases, the abundances of other constituents may vary
with altitude due to condensation into cloud layers,
atmospheric  convection, photochemistry, and
precipitation. The overall structure of the atmosphere
is defined by the thermal structure and dynamics of the
atmosphere and requires instruments to measure the
altitude profiles of temperature, pressure, winds, and
waves. Clouds play an important role in the thermal
structure and energy balance of atmospheres, and their



formation, altitude, and structure reflect the
composition, the thermal profile, and the dynamics of
planetary atmospheres.

Common Probe Instruments: To understand the
overarching properties of an atmosphere including
composition, and thermal and dynamical structure, a
common atmospheric probe strawman payload
comprises Tier 1 (essential) and Tier 2 (lower priority)
instruments:

Tier 1

e Mass Spectrometer, possibly including both a
neutral mass spectrometer and a tunable laser
spectrometer to measure the abundances of well-
mixed noble gases, volatiles, disequilibrium
species, and isotopic ratios;

e Atmospheric Structure Instrument comprising
accelerometers, pressure, and temperature sensors
to measure entry and descent dynamics, and the
altitude profile of temperature and pressure that
defines the thermal structure and stability of the
atmosphere;

¢ Ultrastable Oscillator to generate a stable radio
link from which probe motions reflecting the
dynamics of the atmosphere can be retrieved
using Doppler techniques.

Tier 2

e Nephelometer to characterize the location,
microphysics, number densities, and structure of
hazes and clouds;

e Net Flux Radiometer to measure the net upward
and downward thermal and visible radiative
fluxes to indicate locations within the atmosphere
of radiative absorption and the net energy
structure of the atmosphere;

e Speed of sound instrument. If the atmospheric
temperature is known, a measurement of the
speed of sound would constrain the atmospheric
composition. If the composition is known, then
the measured speed of sound would provide a
high spatial resolution measurement of
temperature;

e Ortho/Para Hydrogen (giant planets only) to
characterize convection that carries ortho-
hydrogen upwards from the deep atmosphere;

e Electromagnetic Instruments including electric
field sensors, magnetometers, lightning and radio
sensors, and relaxation probes to detect signatures
of electrical processes within the atmosphere and
the electrical conductivity of the atmosphere.
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Introduction: Atmospheric probes have been suc-
cessfully flown to planets and moons in the solar system
to conduct in situ measurements. They include the Pio-
neer Venus multi-probes, the Galileo Jupiter probe, and
Huygens probe. Probe mission concepts to five destina-
tions, including Venus, Jupiter, Saturn, Uranus, and
Neptune, have all utilized similar-shaped aeroshells and
concept of operations, namely a 45° sphere cone shape
with high density heatshield material and parachute sys-
tem for extracting the descent vehicle from the aero-
shell. Each concept designed its probe to meet specific
mission requirements and to optimize mass, volume,
and cost. At the 2017 IPPW, NASA Headquarters pos-
tulated that a common aeroshell design could be used
successfully for multiple destinations and missions [1].
This “common probe” design could even be assembled
with multiple copies, properly stored, and made availa-
ble for future NASA missions, potentially realizing sav-
ings in cost and schedule and reducing the risk of losing
technologies and skills difficult to sustain over decades.

Thus the NASA Planetary Science Division funded
a study to investigate whether a common probe design
could meet most, if not all, mission needs to the five
planetary destinations with extreme entry environments.
The Common Probe study involved four NASA Centers
and addressed these issues, including constraints and in-
efficiencies that occur in specifying a common design.

Study methodology: First, a notional payload of in-
struments for each destination was defined [2] based on
priority measurements from the Planetary Science De-
cadal Survey [3]. Steep and shallow entry flight path an-
gles (EFPA) were defined for each planet based on qual-
ification and operational g-load limits for current, state-
of-the-art instruments. Interplanetary trajectories were
then identified for a bounding range of EFPA [4].

Next, 3-DoF simulations for entry trajectories were
run using the entry state vectors from the interplanetary
trajectories [5,6]. Aeroheating correlations were used to
generate stagnation point convective and radiative heat
flux profiles [6] for several acroshell shapes and entry
masses. High fidelity thermal response models for vari-
ous TPS materials were used to size stagnation point
thicknesses, with margins based on previous studies.

Backshell TPS masses were assumed based on scaled
heat fluxes from the heatshield and also from previous
mission concepts.

Presentation: We will present an overview of the
study scope, highlights of the trade studies and design
driver analyses, and the final recommendations of a
common probe design and assembly. We will also indi-
cate limitations that the common probe design may have
for the different destinations. Finally, recommended
qualification approaches for missions will be presented.
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Introduction: The common probe study seeks to
determine whether a single entry vehicle design is suf-
ficient for atmospheric science exploration at multiple
solar system destinations. The motivation of such a de-
sign is to reduce mission cost, risk and schedule and al-
low for higher cadence science investigation specifi-
cally at Venus, Jupiter, Saturn, Uranus and Neptune.
The study seeks to identify a common aeroshell design,
determine the size (volume and diameter) of potential
scientific payloads and make recommendations for
probe elements that could be manufactured and stored
until a mission of use is identified [1]. Therefore, a ma-
jor contributor to the aeroshell design are the results of
trajectory simulations at the various destinations. This
presentation outlines the study assumptions that drive
probe shape and mass selection. It describes the arrival
conditions and aerodynamic and aerothermodynamic
model assumptions. Finally, a comparison of atmos-
phere models for each destination and overall trajectory
performance results that determine the feasibility of de-
signing a common probe is provided.

Initial Vehicle Assumptions: The probe is assumed
to have a 45 deg sphere cone vehicle, similar to the Pi-
oneer Venus Large probe design, with a diameter of 1.5
m and an entry mass of 400 kg. The nose radius of the
vehicle is 0.375 m.

Arrival Conditions: Assuming an Evolved Ex-
pendable Launch vehicle (EELV) class, interplanetary
trajectories were designed for each destination. Venus
considers a direct transit arriving with an inertial veloc-
ity near 11.0 km/s entry on May 9, 2025. Jupiter consid-
ered a direct transit and arrived with an inertial velocity
near 60 km/s in October, 2034. Saturn’s arrival in No-
vember of 2034 had a velocity of 36 km/s. Likewise,
Uranus considers an interplanetary trajectory that uses a
Venus-Earth-Earth-Jupiter gravity assist arriving at the
planet in May, 2043 with a velocity of 22 km/s and Nep-
tune arrives in August, 2044 with an inertial velocity of
nearly 25 km/s. A summary of the interplanetary trajec-
tories and assumptions is provided in [2].

Model Assumptions: The aecrodynamic model for
the vehicle comes from a database developed for a sim-
ilar shape deep space microprobe. The aerodynamic
model takes into the effect the low density upper altitude
regime. However, since the atmosphere constituents are
different at each destination, the axial force coefficient
is scaled based on respective atmospheres’ specific heat.

A stagnation heating model uses the Sutton-Graves
[3] constant derived for each destination. However,

trades are conducted using Tauber model [4] for the des-
tinations where it is available. A description of the aer-
othermal design is provided in [5].

The final major trajectory simulation model is the
atmosphere. For the destinations that have a Global Ref-
erence Atmosphere Model (GRAM), it is used (Venus
and Neptune). For the remaining destinations several
models are considered and used in concert to generate a
reference profile that most accurately represents the des-
tinations atmosphere in the altitude range of interest to
the study. The presentation will describe the various at-
mosphere models and how they are used to support the
common probe study.

Trajectory Results: Nominal ballistic trajectories
are assumed at all destinations and the concept of oper-
ations allows for two hours of flight time at each desti-
nation. Trades were performed on entry flight path angle
to evaluate trajectories that encounter less than the PV-
like 200 Earth g entry decelerations. Trajectories at each
destination considered flight path angles that produced
decelerations between 50 and 200 g’s. The results in-
form communication system design, identify the re-
gions of the atmosphere to be sampled and provide con-
ditions to assess science instrument options. No disper-
sion analysis is considered in this study. Trajectory
comparisons of flight path angle and stagnation heating
and atmosphere models are presented. Finally, a sum-
mary of the impact these parameters have on the com-
mon probe design and study recommendations are pre-
sented.
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Introduction: Dragonfly is a proposed spacecraft
and mission that would send a mobile robotic ro-
torcraft lander to Titan, the largest moon of Saturn, in
order to study prebiotic chemistry and extraterrestrial
habitability at various locations. Titan is unique in
having an abundant, complex, and diverse carbon-rich
chemistry on the surface of a water-ice-dominated
world with an interior water ocean, making it a high-
priority target for astrobiology and origin of life stud-
ies. The mission was initially proposed in April 2017
to NASA’s New Frontiers program by the Johns Hop-
kins Applied Physics Laboratory. In December 2017,
it was selected as one of two finalists (out of twelve
proposals) to further refine the mission’s concept.
NASA Ames Research Center and NASA Langley
Research Center are partnering as the leads for the
Dragonfly's entry system to provide the completed
EDL Assembly.

Mach Number

The aerothermal analysis for Dragonfly utilizes
four simulation tools from NASA Ames Research
Center. Traj for calculating the trajectory, DPLR
4.04.0 for calculating the flowfield around the vehicle
(see Figure 1) and convective heating, NEQAIR
V15.0 for calculating the radiative heating, and FIAT
for calculating the material response and thermal pro-
tection system (TPS) sizing for the heatshield. The
entry conditions are relatively benign and can readily
be accommodated with a tiled PICA heatshield simi-
lar to MSL and a number of flight proven materials
for the backshell. This work will demonstrate that the
aerothermal entry environments can be readily solved
using heritage materials and techniques.
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Figure 1 Dragonfly at Peak Heat Flux
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Introduction: A penetrator is one kind of the plan-
etary probes and a stake-shape hard lander which im-
pacts on the planetary surface in order to penetrate into
the ground and make meteorological and geological ob-
servation under the ground. The penetrator can be em-
bedded under the ground simultaneously with landing
and does not require a softlanding system. This feature
of penetrator is a significant advantage for the Martian
probe, because an EDL system for the Martian missions
is very complex and difficult. Planetary missions using
the penetrator were planned or launched all over the
world in the past. However, all penetrator missions have
never succeeded at exploration until now. In Japan,
LUNAR-A which is the penetrator to the moon was
planned at ISAS!). While LUNAR-A project was can-
celed, its penetrator technology has been developed and
has matured to apply it to the actual missions. Recently,
some new missions using the heritage of LUNAR-A’s
penetrator technology is discussed and proposed. Our
group are proposing a Martian penetrator mission. To
realize the Martian penetrator, the EDL (Entry, De-scent,
Landing) technology is necessary. And the penetrator
type probe must be suitable for Martian atmosphere. In
our concept, a deployable and flexible aeroshell and a
cross-type parachute is adopted as EDL technique. In
this study, an aerothermal environment during the EDL
sequence was estimated by an atmospheric-entry trajec-
tory simulation and EDL systems suitable to Martian
penetrator was designed.

Entry and Descent system design: The deployable
and flexible aeroshell developed by MAAC group
which is collaboration team with many universities and
JAXA, has lightweight and good packing efficiency, be-
cause it consists of the thin membrane flare and a single
inflatable ring!?!. This aeroshell structure is sustained
against the aerodynamic load only by single inflatable
ring which uses a compressing force. It is essential to
design the aeroshell system which can endure in the aer-
odynamic heating and the aerodynamic load condition
during the atmospheric entry. The planetary probe using
the deployable aeroshell avoid severe entry aerody-
namic heating, because of its low ballistic coefficient
due to having light weight and large area aeroshell. The
aerodynamic heating environment and aerodynamic
load during the atmospheric entry from the orbit around
Mars was predicted, and the size of the deployable aer-

oshell was determined by the restriction which it is car-
ried the LUNAR-A type penetrator to the Martian sur-
face.

Landing system design: The Penetrator has to con-
trol its speed and attitude appropriately when it impacts
on the ground in order to avoid the fail to penetrate or
the breaking of the observation devices. Therefore, at
the final phase of EDL sequence, our Martian penetrator
system adopted a cross parachute to control the velocity
and to stabilize the attitude. The cross parachute is de-
signed based on heritage of Hayabusa’s sample return
capsule.

EDL sequence of Martian penetrator: We de-
signed the EDL sequence of the Martian penetrator mis-
sion, as shown in Fig. 1. In this sequence, the penetrator
with the deployable aeroshell enters Martian atmos-
phere, and this aeroshell is jettisoned after the probe
reach the subsonic region. Simultaneously with the aer-
oshell jettison, the cross parachute is deployed using the
aeroshell as drawing devices and the probe penetrates
the Martian ground.

In this future, we will refine the EDL sequence to
predict accurately acrodynamic heating by CFD simula-
tion and measure the performance of the cross parachute
at the low-density environment by the wind tunnel test.

Deploy Cross parachute
by Aeroshell

N\ (Acroshell likes drogue chute)
Martin Penetrator various quantities % \
Penctrator mass (kg) 12.6 Inject Acroshell
Penetrator long (m) 0.76 immediately after

nflatable Aeroshell mass (kg) | 2-3 deployed Cross parachute

Inflatable Aeroshell diameter (m) | 1.6 4
Cross Parachute mass (kg) 04 \ Penetrate in
Cross Parachute area (m’) 13 surface

Max Heat Flux (kW/m?) 28.7

Max Dynamic Pressure (Pa) 99.9
Entry Altitude {km) 200

Entry Angle (deg) 246
Entry Velocity (km/sec) 346

Fig. 1 EDL sequence of the Martian Penetrator mission
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MISSION DESIGN OPTIMIZATION FOR CONSECUTIVE AEROCAPTURE-ENTRY SYSTEMS AT
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One of the limiting factors in sending large
payloads to the surface of Mars is our ability to decel-
erate them when they arrive. This shortcoming is par-
ticularly important for a future human mission to Mars,
where NASA has estimated it will need to land 40-100
metric tons on the surface. Many of the proposed
methods for landing significantly more massive pay-
loads include doing an aerocapture maneuver to dissi-
pate energy prior to EDL. In an aerocapture, the vehi-
cle will fly through the upper atmosphere of the planet
to deplete enough energy to enter an elliptic orbit from
the initial hyperbolic orbit. Following aerocapture, the
vehicle must execute a propulsive maneuver to raise
periapsis above the Martian atmosphere. After a deor-
bit maneuver, entry, descent, and landing would occur,
but with a much slower entry velocity compared with a
direct entry from the hyperbolic approach trajectory.
This aerocapture-entry strategy provides operational
flexibility and improves safety for crewed missions.

This study seeks to understand the relative
benefits of how much energy is dissipated in the
aerocapture compared to how much will be dissipated
during the entry, descent, and landing phase to produce
an optimal mission and vehicle design with respect to
design parameters of interest. The goal of the optimi-
zation is to maximize payload mass by minimizing TPS
mass and propellant required. Thermal protection sys-
tem mass is a strong function of the heating profile,
particularly total heat load and maximum heat flux.
These heating properties as well as the trajectory that
ensues from the aerocapture are estimated using an in-
house trajectory simulation. Thermal protection sys-
tem mass is estimated using NASA’s Fully Implicit
Ablation and Thermal Analysis Program (FIAT). The
amount of energy dissipated during aerocapture is
largely a function of the minimum altitude where de-
celeration occurs. For this analysis, the minimum alti-
tude is only a function of initial flight path angle and
velocity. For a flight system, the energy dissipation
can be varied by rotating the lift vector and spending
more or less time in the atmosphere. There are two
propulsive maneuvers that must also be considered:
raising periapsis and an entry burn. Both of these ma-
neuvers require less delta-V for a more eccentric park-
ing orbit.

In addition, the relative merits of performing a
propulsive maneuver to raise the periapsis after the
aerocapture pass or proceeding directly to entry, de-
scent, and landing less than one orbital period after
aerocapture are assessed. Following aerocapture, the
outer layers of the heat shield will be very hot. Spend-

ing more time in orbit around Mars allows more time
for the heat to radiate to space and provides operational
flexibility. However, this approach also allows more
time for the very hot outer layers of the heat shield to
conduct inward toward the vehicle.

Multiple vehicle geometries are considered: a
nonlifting sphere cone, a lifting sphere cone, and a me-
dium lift-to-drag ratio aeroshell. Approach velocities
ranging from 5.5 to 8.0 km/s are considered. For each
hyperbolic approach velocity, initial flight-path angles
are chosen to enable the vehicle to aerocapture into a
specific parking orbit. For estimating the mass from the
propulsive maneuvers, a liquid oxygen/methane engine
is assumed along with a specific impulse of 340 s.
Limited by FIAT’s material database, LI 2200, rein-
forced carbon-carbon, and a fiction material TACOT
are examined as TPS materials.



Investigation of DPG Properties as a Material in a Self-Healing Thermal Protection System. N. L. Skolnik' and
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Thermal protection systems are mission-critical for
all atmospheric entry missions. Over the course of the
first 33 Space Shuttle missions (1981-1989), the number
of thermal protection system tiles requiring replacement
due to damage from debris ranged from 53 to 707 per
flight (with a mean of 179) out of 25,000 tiles. The
amount of debris in Earth orbit has only increased since
1989. Integrating a self-healing mechanism into the
thermal protection system may mitigate the effect of
damage from orbital debris.

Previous work has investigated the depth at which a
self-healing mechanism should be placed in order to re-
duce system mass and complexity. This location is
called the critical depth. Using hollow channels built
into the Thermal Protection System at this critical depth
will allow the healing fluid to be transported to the dam-
age site when the TPS is damaged and the channels are
broken in that location.

This work investigates a candidate material for the
healing fluid in the channels, DPG, for a vascular self-
healing thermal protection system. DPG is composed of
silicone vacuum pump oil, borate glass, and silicon car-
bide particles. This material combination was selected
based on testing performed during the Space Shuttle Re-
turn to Flight activities after the Columbia accident. The
material was not down selected for further testing, but
initial literature review has found this material to meet
key criteria for use in a space environment.

The mass ratios of the constituents are varied and
tested to see which combination has the best vacuum,
thermal, and viscous properties. These will indicate the
types of missions that this material is suitable for.

Vacuum properties are important because the mate-
rial tested on the ground needs to withstand a space en-
vironment. If the material outgasses and changes in any
way, the system will not work as designed. Outgassing
will be measured using the ASTM E595 method. This
method uses a vacuum oven to determine the mass loss
of the material. The mass of the DPG will be measured
before and after 24 hours in the vacuum oven, and the
percent mass loss will be recorded.

Thermal properties are the important because the
material with have to withstand the same entry environ-
ment as the TPS it is used with. Thermal properties will
be measured using a Thermogravimetric Analysis ma-
chine. A small sample of the DPG is placed in a crucible
and the temperature is raised to 1000°C. The mass of the
crucible and material are measured and the mass loss
recorded. A higher char yield, or the resulting mass after
the test is run, is desirable for entry conditions.

Finally, the viscosity will be measured using a vis-
cometer. The viscosity of the material is important as
the self-healing material needs to be transported to the
site of the damage so that it can heal the TPS in the ap-
propriate location. The material needs to be fluid
enough to be transported, but thick enough to not wick
away into the bulk TPS material and create clogs in the
transport channels.

Results from this investigation will provide insight
into the suitability of the candidate material for vascular
self-healing systems for thermal protection systems.
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Introduction: During the conceptual design of
hypersonic entry vehicle, optimal trajectories are se-
lected and used to determine a set of vehicle parame-
ters, such as ballistic coefficient or L/D. As these tra-
jectories are often flown with a non-constant angle of
attack, the vehicle parameters may be varying over
time. Therefore, an iterative process is usually per-
formed until the vehicle shape yields the aecrodynamic
performance required by the trajectory. To support
trade studies, several hypersonic entry trajectories are
generally considered, each requiring a long computa-
tional process to find the corresponding vehicle shape.
The ability to quickly identify families of vehicle
shapes that satisfy a given trajectory reveals to be
essential.

This investigation focuses on the development of a
technique to rapidly determine sets of vehicle geome-
tries from a given entry trajectory. Typically, the tra-
jectory is given in terms of altitude and velocity time
histories. The planar equations of motion for atmos-
pheric reentry can be rearranged to obtain expressions
for aerodynamic parameters, that are evaluated nu-
merically from the trajectory time history. Besides,
analitycal expressions of aerodynamic coefficients
can be derived from Newtonian flow theory. These
expressions explicitly depend on vehicle shape pa-
rameters and can then be inverted to determine the
corresponding vehicle geometry. Finally, for a given
entry mass or vehicle length (diameter for the most
common entry vehicles) and a desired vehicle general
shape (e.g. cone, sphere-cone), constraints can be
established on the vehicle design space solely based
on trajectory information. This design space can be
further reduced by applying common constraints such
as maximum heat rate and g-loading, which can be
easily applied using the information computed above.

This process can be extended to include the lateral
components of the trajectory. In this case, this ap-
proach also yields useful information beyond the ve-
hicle shape. During the process described above, lift
and drag time histories can be estimated. Control laws
can then be derived from these. For instance, consid-
ering a guided entry using bank-angle steering for a
fixed vehicle shape flying at constant angle of attack,
a corresponding bank-angle time history can be esti-
mated.

Results: The method presented above was ap-
plied to some test cases. The trajectories were gener-
ated using the equations of motion given in [1]. For

simple trajectories, with constant vehicle parameters
and constant bank angle, this method yields very good
results, in a short amount of time.

References: [1] Vinh N.X., Busemann A. and
Culp R. D. (1980) Hypersonic and Planetary Entry
Flight Mechanics, 2™ edition, University of Michigan
Press.
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Introduction:

Current and proposed space mission plans show an
increasing interest in the exploration of Mars and its
system. This increased interest, along with recent im-
provements in small satellite capabilities, represents a
boon in the number of rideshare opportunities for
small satellites to Mars. However, with current pro-
pulsion technologies, small satellites are constrained
near the target orbit of their host orbiters. Nonethe-
less, small satellites have proved their ability to en-
hance scientific, reliable, low-cost missions thanks to
the technological improvements in the instrumenta-
tions of the last decade. An independent insertion
capability for small satellites would remove the or-
bital insertion constraint on rideshare missions, ex-
tending the reachable orbits through the variation of
semimajor axis, eccentricity or inclination. The pro-
posed methodology to enable independent insertion of
small satellites is the drag-modulation aerocapture
maneuver. This maneuver exploits a single pass
through the atmosphere of the target body, by chang-
ing only the drag area during flight, to affect the same
delta-V with minimal propellant requirements.

A previous study proved the feasibility of the ma-
neuver for a fixed scenario: a flyby of Phobos with
malleability in the arrival state. It also has presented
results regarding the independence of the reached
orbit inclination with respect to the main orbiter incli-
nation if a small maneuver is performed in the first
phase of the Earth-Mars transfer[1].

The current study focuses on four baseline mis-
sions. The analysis shows the relevant advantages in
the propellant mass budget and in the simplicity of the
drag-modulation aerocapture maneuver proving that
the investigated maneuver would be successful in a
variety of different scenarios equally scientifically
interesting. The baseline missions consist in the inves-
tigation of Phobos and Deimos, the two moons of
Mars, through the use of flyby/rendezvous parking
orbit, polar mapping in a low parking orbit of Mars
and Areosynchronous equatorial orbit of Mars. The
scenarios differ from each other mainly in their semi-
major axis; the conducted study proved that the
aerocapture maneuver could successfully reach a
range of target orbits of different altitudes, with a
substantial savings in mass compared to a propulsive
method.

Analyses include assessment of the sensitivity of
the entry corridor size to the altitude of the four target

orbits which will be extended to an analysis for a con-
tinuous variation in altitude and eccentricity of reach-
able orbits post-maneuver. Studies show variation in
the entry corridor with respect to the ballistic coeffi-
cient ratio, which represents a design parameter de-
fined by the area pre- and post- aerocapture maneu-
ver. Furthermore, statistical results regarding the ef-
fectiveness of real-time aerocapture guidance and
control algorithms through an extensive Monte Carlo
simulations analysis for all the four scenarios are pre-
sented. The Monte Carlo simulation analysis indicates
a small error in the reached apoapsis post-maneuver
due to the density uncertainties. To compensate for
this small inaccuracy, a planned post-aerocapture pro-
pulsive maneuver is required. This propulsive maneu-
ver has been designed to minimize the overall propel-
lant mass budget. Furthermore, analyses include the
evaluation of acceleration peak, maximum heat load
and maximum heat rate for several initial velocities.
A comprehensive study has also been performed re-
garding acceleration, heat load and heat rate per the
two boundaries paths, and the center path of the
aerocapture maneuver’s corridor. Finally, results re-
garding the savings of propellant mass in the four
baseline missions are specified.

References:
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Introduction: The idea of a single design of a cap-
sule, for atmospheric entry at Venus, Jupiter, Saturn,
Uranus, and Neptune and delivery of payloads for in situ
scientific experiments, is currently being pursued by a
team of scientists and engineers drawn from four NASA
centers — Ames, Langley, JPL, and Goddard [1].

For notional suites of instruments [2] (the selection
depending on the destination), interplanetary trajecto-
ries have been developed by team members at JPL and
Goddard [3]. Using the entry states provided by these
trajectories, 3DOF atmospheric flight trajectories have
been developed by Langley [4] and Ames [5]. The range
of entry flight path angles for each destination is chosen
such that the deceleration load lies between 50 g (shal-
low) and 150-200 g (steep) for a 1.5 m (diameter) rigid
aeroshell based on a 45° sphere-cone geometry (Fig. 1)
and an entry mass of 400 kg.
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Figure 1. Reference geometry for the Common Probe.
The backshell shape is notional.

Given the ambient densities and velocities along
each of the flight trajectories from the 3DOF analyses,
the aerothermal environments are estimated using
standard correlations — Sutton-Graves [6] for convective
heating, and Tauber [7] for radiative heating. The ther-
mal protection materials are then sized using Fi47 [8]
together for several candidate materials for the heat-
shield and backshell: (i) fully-dense carbon phenolic
(used on the Pioneer-Venus & Galileo probes); (ii) a
dual-layer woven material called HEEET (new NASA
technology); (iii) PICA (used on the Stardust probe);
and (iv) appropriate backshell material(s).

Proposed Paper/Presentation: The presentation
will focus on: (a) definition of aerothermal environ-
ments and associated uncertainties at — (i) the stagnation
point, (ii) a point on the conical flank, and (iii) a point

on the backshell for the various flight trajectories; (b)
candidate materials and uncertainties in materials prop-
erties; and (c) margining policy. Margined TPS thick-
nesses that result from the analysis will be presented,
along with the sensitivity of those thicknesses to: (i) the
initial soak temperature, (ii) the maximum bondline
temperature, and (iii) choice of structural material.
Choosing the largest fully-margined thickness as the ba-
sis for the design of the TPS of the Common Probe, the
design will be evaluated at all destinations to determine
the degree of sub-optimality in the design.

As an example, results of zero-margin TPS mass es-
timates for fully-dense carbon-phenolic (FDCP) are pre-
sented in Table 1, along with mass estimates for HEEET
for Venus (other destinations are still being analyzed).
The sizing computations assume an aluminum structure
to which the TPS is bonded.

Table 1. Results for zero-margin sizing of FDCP (all desti-
nations), and HEEET for the case of Venus only.

Planet Ve VE Dec. mres  Mat.
km.s'  deg g kg

59.0  FDCP
- 33 27.3  HEEET
Venus 10.93
68 135 39.0  FDCP
) 18.3  HEEET
Jupiter  59.68 4.1 73 1636 ppep

-6.5 206 108.6

-11.9 51 102.4
Saturn 35.66 250 168 61.2 FDCP

-16.5 51 101.5
Uranus 22.34 35.0 205 54.9 FDCP

-16.0 52 88.5
Neptune  24.73 230 177 570 FDCP
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